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RESEARCH MEMORANDUM

SOME ASPECTS OF THE DESIGN OF HYPERSONIC
BOOST-GLIDE ATRCRAFT
By Alvin Seiff and H. Jullan Allen

SUMMARY

Factors influencing flight renge and aerodynemic heating for hyper-
sonic boost-glide aircraft are discussed. It is shown that the blunting
required to reduce aerodynamic heating at the wing leading edge to & tol-
erable level is detrimental to flight range but that by employing leading-
edge sweepback this detrimental effect may largely be avoided. The possi-
bility and advantages of flight at very high altitude to reduce serodynamic
heating and encourage the preservation of laminar flow on the surfaces of
such aircraft is treated. One aircraft confliguration is described and
discussed as an example, .

INTRODUCTION

Sanger (ref. 1) was among the first to give serious consideration to
the use of winged high-velocity rockets for long-range flight and, with
Bredt (ref. 2), to the use of such hypervelocity vehicles as man-carrying
aircraft. They showed that two types of such vehlicles were promising as
regards efficlency of flight: The first, known as the boost-glide vehicle,
1s one which is boosted to its maximum speed and +to an altitude such that
at burnout the dynemic pressure is that required for £light at the 1ift
coefficient corresponding to meximum lift-drag ratio for the vehicle. The
unpowered flight is continuously mainteined at maximum 1ift-drag ratlo,
the altitude decreasing as the vehicle is retarded under the action of
aerodynsmic drag, until near the end of flight the vehicle 1ift coefficient
is increasged to that required to effect a low-speed landing. The second,
known as the boost-skip vehicle, is one which is boosted to its meximum
speed along & hallistic trajectory. As the vehicle returns to earth at
the end of the first ballistic phase of flight it enters the atmosphere
and at maximum lift-drag ratio turns upward (i.e., "skips" from the atmos-
phere) into the second ballistic phase of flight. This combined bellistic
and skipping trajectory is continued until the total energy avallable for
flight is Just sufficient to effect a landing.

Bagllistlc rockets as well as the boost-glide and boost-skip vehicles
are of interest for militery application because of thelr relative invul-
nerabllity as compared to other forms of alrecraft. For manned flight,
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however, only the glide and skip vehlcles appear suitable for considera-
tion. The efficilency of flight of glide and skip vehicles has been con-
sldered in reference 3 and has been compared with conventional superscnic
airplanes. In that analysis it was shown that for long-range flight, both
the rocket-powered glide and skip vehicles can compare favorably in effi-
clency with turbojet- or ramjet-powered supersonic alrplenes designed to
operate at Mach numbers for which obteinsble lift-drag ratiocs are of the
seme order as those obtainable for the hypervelocity vehicles. The analy-
g8is of reference 3 indicates that for a given lift-drag ratio the skip
vehicle 1g superior to the glide vehicle in the sense that for & given
vehicle veloclty at burnout the range is greater. However, it was noted
that the superiority in this regard is slight for lift-drag ratios of L
and more and it was concluded that the skip vehicle, for which the aero-
dynamic heating problems are very severe, is probably inferior to the glide
vehlcle when all factors are considered. Such & conclusion is particularly
warranted in the case of & manned vehicle since the optimum skip vehicle
for long-range flight must, in addition, experience very large accelera-
tions during the skipping process. Thus, of the three hyperveloclty vehi-
cles considered, only the boost-glide type appears suitable for manned
flight, but even this vehicle will be of limited usefulness since it can-
not be & very maneuverable vehicle in the usual sense and thus is, perhsaps,
limited to use for bombing and reconnasissance. If the boost-glide vehicle
is to compete favorably with the supersonic airplane, it 1s mandstory that
the highest possible lift-drag ratios be obtained and that the aserodynamic
heating be & minimum. It is the purpose of this paper to discuss these

two aspects of design for the hypervelocity boost-glide vehicle.

SYMBOLS

b span -

C constant
Cp drag coefficient -

CDZe coefficlent of drag due to leading-edge rounding

CDO minimum drag coefficient

CDopt dreg coefficient at meximum lift-drag ratio , _
CL 1ift coefficient

c 1ift coefficient at maximum 1lift-drag ratio

g
Lopt : -
cp friction drag coefficient -

-~

T
M
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friction drag coefficient for incompressible flow

drag

maximm body diameter

acceleration due to gravity

heat transferred by convection per unit area
convective heat-transfer coefficient

rocket specific impulse

constant

alr thermsl conductivity

1ift
lift-drag ratio
optimum (maximum) lift-drag ratio

length

Mach number

mass

initial mass

mase at rocket “burnout"
permissible acceleration for a man in terms of
Pranatl numbgr

static pressure

lower-surface pressure
upper-surface pressure

free-stream length Reynolds number

lower-surface length Reynolds number

N il
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upper-surface length Reynolds number - } 8 _
flight altitude as measured from earth?s center
radius of the earth

flight-path radius, of curvature

wing area

Stanton number

distance along flight path o -
rocket thrust

recovery tempersture

airplaene surface tempersture o . o =
time ’ -

flight velocity (assumed also to be wing surface velocity at .
zero lift)

"burnout" velocity

lower surface air velocity
satellite speed (25,930 ft/sec)
upper-surface air velocity
weight

total flight range

range during powered flight . L - _
renge during unpowered flight o _ - .7 -
altitude measured from earth's surface

angle of attack

angle of attack for maximum lift-drag ratio - -z

NM2 - 1
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V4 ratio of specific heats

€ emigssivity for radiation

o flight-path angle of descent

A leading-edge sweepback angle

o air-stream viscosity

By .8ir viscosity at boundary-layer edge on lower surface of wing
My air viscosity at boundary-lesyer edge on upper surface of wing
3 angle=-of-attack factor, Ba

gopt angle-of-attack factor, B“bpt

o) air-stream density

oy alr density at boundary-layer edge on lower surface of wing
Py air density at boundary-lasyer edge on upper surface of wing
g leading~edge radius

¥ angular renge to go (see egs. (2))

DESIGN CONSIDERATTIONS

The Range Equation

Consider & boost-glide vehicle in
gliding flight at velocity V &as shown
in the sketch, Following the anslysis
of reference 3, the parametric equations
of force normsl and parallel to the
direction of motion are

w2
Te

L ~mg cos 0 = -

(1)

av
_D+ i e = ———
mg sin m s
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Under the assumption of smell inclinstion angle, 8, to the horizontal .
(thus cos 6 = 1, sin 6 = 8), constant gravity acceleration (i.e., £ = 1)
and noting that "~ 7 °© '
Wy WLz
dt ds 2 ds
1 d(y - 6
L. ay-9) > (2)
Te ds
dfy cos 6 1
d.S_ r ~ro
J
we write equations (1) in the forms -
=2 8 4 g o EVZ
L =mv 3z T8 - o
(3)
av
D= -mV =—+ 6 -
mV 15 ng

It is showm in reference 3 that at high flight speeds the inclination T
angle, 6, and the rate of change in this angle with flight path, de/ds,

are so small that terms involving these values may be ignored for practi-

cel purposes so that the 1lift is glven by

v2> v2
L= mg<; vk Wil - v;g ' (h)
where Vg 1s the satellite speed

and the drag is given by

D=-my L (6)

The incremental unpowered flight range may be obtained from equa-

tions (4) end (6) as
oLl
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1/L v
ds = -g(ﬁ)Q ~ vz>dv
Vg2

If at each speed the optimum lift-drag ratio is maintained, then the
range in unpowered flight is & maximum and glven by

X o
L v__)
Xy = ds=-%f <]-5> 5z |& (7)
o Vp 0'_9'[31..—-—2-
VS

Thus it is seen that this range is greatest when the average value
of

@ v

D y2

opt - ———
<: Vs%)

over the range of speeds encompassed is g maximm. The influence of the
velocity, V, in the numerator is to mske the integrand large at the high
end of the flight speed range. As & consequence, it is found that & major
part of the flight renge is covered at high flight speeds. This can be
appreclated intuitively from consideration of the rate of loss of kinetic
energy with flight speed.

Thus it is emphasized that for the glide vehicle one must particularly
strive to obtain high 1ift-drag ratios at the highest Mach numbers, and
that a small improvement in 1lift-drag ratio at high Mach numbers at the
expense of g lowered lift-drag ratlo at lower speeds can result in an over-
all improvement of range. However, as Indicated in Appendix A, care must
be exercised to avoid adding too much edditional structural weight to
attein high lift-drag ratio; otherwise the range will be decreased because
of the adverse effect of reducing the ratio of initial-to-final mass.

The Optimum Lift-Drag Ratio

To study the factors which influence the optimizetion of the lift-
drag ratio, let it be assumed that the wing leading edge is supersonic
(which is the ususl condition at high Mach numbers). Then the 1ift coef-
ficlent is given byl

iThe term 242 is the cross-flow term for a Flat plate (see refs. b
and 5) and is the Newtonlan variation as M->w.

I
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CL=-)§-CL+ 2&2- (8)

Since no leading-edge suction will occur for the supersonic leading edge,
the drag coeffilclent 1s given by

CD=CDO+%<12+2@3 (9)

It is convenlent to express equations (8) and (9) in terms of a new vari-
able

£ = Ba (10)

so that equations (8) and (9) become

B2Cr, = 4t + 282
(11)
BSCD = BSCDO + Lg2 + 2gS
From equations (11) it can be shown that at optimum IL/D
3 ll'§op'l:2 + lL§opt3 + §op'b4
B3Cy = (12)
for which
Chopt b+ 3Eopt (13)
Cp, 2 + fopt
BZCLOPt = beopt + 2Eopt® (14)
and
L/D 2 2
( / )OE_"E = + g_gﬁ (15)

B Ll'gopt + 3§0Pt2
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(L/D)opt Cp
/Dlop 2 o t, and Baopt(deg) in terms of
o

the independent variable BSCDO. For our present purposes, 1t is suffi-
clent to note that the only factor which influences the maximum lift-drag
ratio at any given Mach number is the value of the drag for zero 1lift

(if no additional drag is incurred to trim the aircraft).

Drag Reduction

The factors which, in the general case, influence the wave drag,
friction drag, and base drag have been considered in the rather extensive
literature. It will be the purpose herein to consider only two aspects
of the minimization of drag which have not previously been given the
attention that they deserve.

The first factor which must be treated concerns the compromises in
design which result in Increasing wave drag in order to handle satisfac-
torily the aerodynamic heating problem. In references 3 and 6, for exam-
Ple, it is noted that the excesslve heating which occurs at such local
"hot spots" as the leading edge of the wing and the bow of the fuselage
must be given particuler attention. 1In these references it is shown that
a very practical method for reducing the convective heat input rate at
such stagnation points is to round the surface since the heat input rate
varies inversely as the square root of the surface radius. For the fuse-
lage, such rounding of the bow does not incur a drag penalty, provided
the rounding is not excessive and may sctually result in & drag reduction
for small rounding (see refs. 7 and 8). TFor the wing, appreciable drag
pensliies are incurred with even smsll amounts of blunting. However, this
drag penalty may be made small, as was pointed out in reference 3, by
sweeping the leading edge of the lifting surfaces. From Newtonian theory,
the drag rellef afforded by sweepback is found to depend on the cosgine
squared. of the angle of sweep for wings of fixed span (measured normal to
the plane of symmetry) and fixed leading-edge radius (measured in the plane
normal to the leading edge).

Cp., -
2% - cos®A (16)

D
teA=0

The date of reference 9 indicate thet this prediction is relatively accu-~
rate. The experimental results for clrcular cylinders of reference 10
may be used to evaluate the drag coefficient at zero sweep for a leading
edge of comstant radius, o, since at supersonic speed the foredrag of such
cylinders is essentially the total drasg. These results Indicate that the
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drag coefficient is nearly independent of Mach number and has the approxi-
mate value (based on cylinder frontal ares) of 1.25. The drag coefficient .
of a swept leading edge of constant radius is .therefore given by o

= bo .. g2
Cpje = 2.5 5 cos®A (17 _

In addition to reducing the drag of the blunt leading edge, sweep~
back also reduces its heating rate. The theoretical and experimental -
results of reference 11 suggest that the heating rate per unit ares varies
approximstely as®

dH cos A . .- . (18)

Therefore, for equal heating rates per unit surface area the leading-edge
drag of blunt airfoils will vary as .

4
Cp,, ~cos™A . (19)

It is clear, then, that if large sweep 1s employed, the drag penalty due

to rounding the leading edge can be made smsll. - .

The second factor which should be given special consideration is
the frictionasl drag since, in general, as the Mach number is increased
the relative contribution of friction to the total drag is increased.
Although, as 1is well known, the turbulent skin-friction coefficient
decreases markedly with increase in Mach number (ref. 12), it remains
true that the turbulent friction ususlly exceeds the laminar friction and
hence the possibility of maintaining laminar flow must not be overlooked. —
The advanteges of leminasr flow are twofold, improved lift-drag ratio and
diminished aercdynamic heating, so that the attainment of laminar flow is
especlally desirable for hypervelocity vehicles. To determine whether or
not long runs of laminar flow appear feasible it is necessary to determine
the range of Reynolds number that will probably be covered in hypervelocity
flight. To ‘this end equation (&) can be written

2 V2 ;
L=W< -;VS—Q ch s ON _

2hs noted in reference 11, the heating rate may vary more nearly as
the equare of the cosine of the angle of sweep 1f the wall is very cool
compared to stagnation tempersture. .o .
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so that the density becomes

) -3
p -

20
CLV2 ( )
and hence the Reynolds number for length 1 becomes
2
2(§) (- 7)
R = pve = - (21)
33 }J.CLV

From equations (20) and (21) and the values of table I, the flight
altitude and Reynolds numbers per foot of length have been determined for
aircraft having a comnstant 1ift-drag ratio of 5 with wing loadings of 7O,
50, and 30 pounds per square foot and for aircraft having wing loadings
of 50 pounds per square foot with constant lift-drag ratios of 6, 5, and L
for speeds up to the satellite speed (25,930 ft/sec).® The results of
these calculations are presented in figures 1 and 2. These figures show
that except for a near satellite vehicle, the altitudes of interest are
less than 200,000 feet. More important, 1t is seen that the Reynolds
number, which remains nearly constant at the lower supersonic speeds, falls
rapidly as the speed is increased to hypersonic values and, of course,
becomes zero at satellite speed. Moreover, 1t should be noted that the
Reynolds numbers sre not large, particularly if the wing loading is low.

In recent experiments (as yet unpublished) on bodies in the Ames supersonic
free-flight wind tunnel, it was found that as Mach number is increased

(at least up to the limiting test Mach number of T7), the attainment of
long laminar-flow runs becomes easier in the sense that the laminar bound-
ary layer 1s more difficult to trip with roughness. In these experiments,
in fact, transition Reynolds numbers greater than 13x10€ were found at a
Mzch number of 7 even for relatively rough surfaces. Since this 1s the

aIt should be noted that for a given lift-drag ratlio and a given Mach
number the optimum lift coefficient can be determined from teble I. How-
ever, for a given velocity the Mach number depends on the speed of sound
and, hence, on the altitude., Thus the method employed for these calcula-~
tions must be an iterative one. For a given velocity, V, the altitude of
flight is assumed and the corresponding speed of sound, a, determined from
reference 13. The assumed Mach number M, and, hence, B, then is used to
find Cy from teble I and the density p from equation (20). The equi-
librium flight altitude corresponding to p i1is found from reference 13.
The speed of sound for this sltitude is used seg a second spproximation and
this calculation procedure is repested. This iterative process is contin-
ued until the assumed sound speed agrees with that for the altitude corre-
sponding to the calculated p. The viscoslty p Zfor the corrected alti-
tude, and the corrected 1lift coefficient are then used in equation (21) to
find the flight Reynolds number.

T T
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order of the full-scale flight Reynolds numbers indicated in figures 1
and 2 for the higher flight Mach numbers, 1t would not appear unreasonable
for vehicles operating at the altitudes for maximum range to attain fully
laminar flow.

It appears that by careful attention to the gbove factors a hyper-
gonic glide airplane of low drag and therefore of usefully high lift-drag
ratio could be devised. In & later section this point will be further
examined by study of a particular configuration having large sweepback and
otherwise designed to have low drag. First, however, attention will be
turned to the problem of aerodynamic heating because, 1f the heating of
the airplane cannot be kept within reasonable bounds, then it is not a
feaslible vehicle for sustained, man-carrying flight.

Heat-Transfer Reduction

The most powerful means avallable to the designer for controlling the
heating rate of a hypersonic airplane is the selection of the flight alti-
tude. Quantitatively, the altitude effect can be expressed in terms of
Reynolds number and, for slender aircraft, can be spproximated by use of
the heat-transfer relations for a flat plate. Present indications, refer-
ences 14 and 15, are that the modified Reynolds anslogy,

St = ngs cp (22)

patisfactorily describes the heat transfer of supersonic laminar and tur-
bulent boundary layers with small pressure gradlent and wall-temperature
variation, although less is known experimentally sbout the laminar case
than the turbulent. Substitution into equation (22) of the laminar law
for varistion of sgkin-friction coefficient with Reynolds nunmber and appro-
briate rearrangement ylelds the expression for average heat-transfer rate,

8 |y - Ty) = 0.668 —% prl/oR1/2 k(Tr - Ty)

P e, : (23)

wherein the variables (R, k, etc.) are based on conditions Just outside
the boundary layer. This form of the heat-transfer equation shows direct
dependence of the heat-transfer rate on the square root of Reynolds number.
For turbulent boundary layer, dH/dt varies as the 4/5 root of ‘Reynolds
nunber. In either case, the desirability of keeping the Reynolds number
low is evident.
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The Ffactors that determine the flight Reynolds number are Indicated
in equation (21). At this point, it is desired to focus attention on one
of them - the wing loading. Certainly it is possible to design hypersonic
aircraft with high wing loading or even without wings because the available
dynemic pressures are very great. These vehicles, however, will be forced
to fly at relatively low altitude and high Reynolds number and, conse-
quently, will experience high heating rates. The point of view adopted
herein is that the wing loading should be as low as it can be without
unduly increasing the total weight (see Appendix A).

Equations (21) and (23) further suggest that low heat-transfer rate
will be promoted by flight at high 1lift coefficient. However, the 1ift
coefficient is already set by the requirement of efficient flight and can-
not be varied srbitrarily. Also, a strongly adverse effect of high 1ift
coefficient not apparent in equation (21) will be demonstrated in a sub-
sequent paragraph. The effect of the factor 1 - (VZ/V 2) is to reduce the
Reynolds number with increasing speed, as is shown in figure 1, and thus
to counteract to some extent the strong tendency for increasing heat trans-
fer with increasing recovery temperature which accompenies inereasing Mach
number.

The Reynolds numbers given by equation (21) are the free-stream length
Reynolds numbers and are suiteble for estimating the heat transfer for a
flat plate at zero 1ift., In the lifting case, appreciable compression of
the free-stream alr occurs on the lower surface of the wing and the Rey-
nolds number per foot at the edge of the boundsry lsyer 1ls affected. To
examine this situation, let us first write the expression for pressure
ratio on the lower surface for a wing of vanishingly small thickness,

i_?'}&g(ll{r- 2) Py :
p SaM\p Rty (24

which follows from the equation for 1ift coefflclent. At all flight speeds
considered here, the pressure acting on the wing upper surface is small
compared to that on the lower surface, and at the higher Mach numbers it
becomes negligible. Thus, the lower-surface pressure ratio increases with
increasing Mach number, following a first power varistion for small angles
of attack and a quadratic varistion for larger angles.

The varistion of lower-surface length Reynolds number, R;, with pres-
gure ratio is obtained by use of the two-dimensionsl oblique-shock equs-
tions for 7 = 1.4 and the assumption that viscosity varies as the 3/k
power of absolute tempereture. This is found to be:

() | é% 3 ‘o
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As 1s shown in the above equation and in figure 3(a), the Reynolds number
ratio depends somewhat on the flight Mach number. More important, however,
is the rather unexpected behavior of the curves which, instead of rising
steadily with increassling pressure ratio, show maxims at pressure ratios
between 5 and 8. This is due to the opposing actions of the density ratio
and viscosity ratio. At first, density increases more rapidly then vis-
coslty, but at the larger angles of attack, the situation is reversed.

The result is relatlvely favorable In thet the maximum increase of Reynolds
number over the free-stream value is limited to 88 percent at M = 15 and
to 88.3 percent st infinite Mach number. This has an important bearing

on the heat transfer to the lower surfeace and also on the possibility of
retaining laminar f£flow thereon.

In equatlion (23), there appears an additional variable which is
strongly affected by angle of attack - the thermal conductivity of the
glr at the boundary-leyer edge. It can be shown from avallable experi-
mental values of the thermal conductivity that for usual stream static
temperatures the ratio of the local (lower surface) to static thermal con-
ductivities can be gpproximsted by

Nopl =

b

It is convenient to combine the effects of lower-surface compression on
the Reynolds number and thermel conductivity in the single expression,

1/

_@—t—)— . 6__+lo.oas (22 z > _—
@ P EE) ma @

Approximetely, this equation gives the ratio of heat transfer on the lower
surface for the lifting case to the heat transfer at zero 1lift. The first
two factors on the right-hand side are weakly varying terms which remain
close to 1 except at low supersonic speeds. For the higher speeds, equa-~
tion (27) cen be closely epproximated by & simple square-root dependence
on pressure ratlo,

)

dt 1 PZ
< >

d‘td;o

(28)
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Equation (27) is plotted in figure 3(b) and shows a steady increase in
heating rate with increasing pressure ratio. From this standpoint, it is
clearly desirable to fly at low pressure ratios end therefore at low angles
of atteck.

Similsr considerations applied to the upper surface of the wing indi-
cate that an apprecisble decrease in heating rate over that for flight at
zero 1ift will be felt there. The dependence of Reynolds number on pres-
sure ratio is now found from isentropic flow relations to be:

z-x)/2
7-3Y 1. <?ﬁ%> 4
PE:(E‘E)‘W 14 2l (29)
R P 7 -1,

2

This variation is plotted in figure 4(a) and shows an interestingly small
dependence on Mach number. As was true on the wing lower surface, the

thermal conductivity on the upper surface also varies with pressure ratio
and, for the temperature range encountered there, is best represented by

% _ Tu 0.94 <Pu>0 94 Z_ (30)

Combining equations (29) and (30) ylelds the expression

7-1t
<a_t ku/RTl (pu> 0.577 ; 0.085 -G -<P:> 7 -
T2

which, for 7y = 1.4t becomes -

<<‘§E> O L @m]

(32)

s
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The second factor on the right is negligibly different from 1 at high
supersonic Mach numbers, so the approximate equation, (28), holds for the
upper surface as well as the lower.

Equation (32) has been plotted in figure 4(b) and indicates appreci-
eble reductions in heating rate to the upper surface of the lifting wing
over that for zero 1ift. Two-dimensionally, the pressure ratios needed
for entry into this flgure can be obtained from the Prandtl-Meyer equation
for supersonic expansion at the flight Mach number and angle of attack.
Comparison of figures 3 and 4 indicates the relative importance of retain-
ing laminar flow on the wing lower surface where the heating rates are
high by comparison to the upper surface. '

For a gilven flight Mach number, then, the heating rate of the air-
plane will be controlled primarily by the free-stream length Reynolds num-
ber and the angle of attack. The Reynolds number willl be determined by
the wing locading and the ratlo of flight speed to satellite speed, and
the angle of attack will be defined by the lift-drag characteristic of the
alrplane. At some equilibrium temperature the heating rates will be bal-
anced by heat radistion from the surface. Before the severity of the -
serodynamic heating can be judged, some numérical calculations must be
performed. TFor this purpose, consider the followlng example.

EXAMPLE -

The Configuration

The above aerodynamic heating considerations have indicated that the . .

hypersonic glide airplane should have a low wing loading. Moreover, at
the optimum angles of atteck of the ailrplane, the lift-drag ratio of the
body will be low compared to the Lift-drag ratlio of the wing so that high
resultent 1ift-drag ratio will be promoted by use of a wing that is large
relative toc the body. For these reasons and for reasons relating to aero-
dynemic stabllity, drag, and boundary-layer transition, the configuration
chosen for the example is the one shown in figure 5.

The triangular wing with rpot chord equal to the fuselage length glves
the maximum leading-edge sweepback consistent with the over-all length and
span. Furthermore, the possibility of retaining fully laminsr flow is
improved, it is believed, by meking the wing epex and the fuselage tip
coincident (to prevent the wing shock wave from intersecting the body
boundary layer). As is well known, however, the influence of wing thick-

ness con swept wings is adverse as regards the stebility of & laminar bound-

ary layer. For this and other reasons, therefore, the configuration shown
mey not be optimum for purposes of retalning leminar boundary leyer, and
the success of this design for retaining laminar flow will have to await

experimental investigation. ,
[ Ry

it



3M

NACA RM A55E26 ﬂ 17

The symmetrical arrangement of three wings was selected rather than
& more conventional planar wing with separate horizontal and vertical tails
out of considerations of aserodynamic sgtability. The theory of Maple and
Synge, reference 16, indicates that the variations in serodynamic stebility
with roll position can be expected to decrease if the number of planes of
symmetry is lncreased. The configuration of figure 5, having three planes
of symmetry, should show smaller variations in stability than a conven-
tional configuration with a single plane of symmetry. One readily apparent
advantage of the symmetrical errangement is that it provides large direc-
tional stability (to the Pirst order of approximation equal to the longi-
tudinal stebility) without incurring large rolling moment due to sideslip.
The experimentel results obtalned in reference 17 on this itype of configu-
ration demonstrate that such is the case, at least at low speeds. Addi-
tional steblility adventages should derive from the lack of wing-tail inter-
ference and the tendency of the trilangulsr plan form to retain a fixed
center of pressure over a broad Mach number range.

Minimm Drag

The estimated minimum drag coefficients for this configuration ('based.
on the area of the two lifting panels) is shown as a function of Mach num-
ber in figure 6. Part (a) shows the drag coefficients with fully turbulent
boundary leyer. The drag breakdown indicates that skin friction is a major
part of the drag, especlally at the higher Mach nunbers. (At the lower
Mach numbers the conmbined base drag of the body and the blunt-~based wings
becames important. This could be reduced by use of boattailing but,
beceguse of primsry interest in the higher end of the speed range, Investl-
gation of this aspect of the design was not pursued.) With laminar bound-
ary layer, the skin friction is reduced appreclably, figure 6(b) , and the
total drag coefficients as well, Of course, the drag adventage of the
laminar houndary leyer depends on the Reynolds number, so it is pertinent
to examine the Reynolds numbers employed in computing the results shown.
Accordingly, the full-scale free-stream length Reynolds numbers are shown
in Pigure 7 for an airplane 48 feet long. The variation shown tends to
cause a diminishing difference between the laminar aend turbulent drag
curves with increasing Mach number, but in the speed renge consildered here,
the laminar boundary layer retains a decided advantage with respect to
both drag and heat transfer.* It should be noted that in computing the
skin friction no considersation has been given such factors as molecular
dissoclation of the air, shock-wave-boundery-layer interaction, and
increasing mean~free path at the higher altitudes so that these results
may well be in error at the higher Mach numbers.

“Extension of the calculstions to higher Mach numbers and the corre-
sponding higher optimum altitudes by use of continuum flow relstions led
to the result that the laminar and turbulent skin friction would become
equal at M= 17.8, R = 1.6 million.

—
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Before proceeding, it will be of interest to show the drag of the
alrplane with some® configuration changes to indicate the relative impore
tance of various parts of the geametry with respect to drag. This 1s done
in figure 8 where three items of gecmetry ere considered: wing sweepback,
nose fineness ratio, and fuselege tip radius. The base curve is the total
drag coefficient of figure 6(a) with fully turbulent boundary layer. (Use
of the laminar drsg curve, of course, would meke the drag increments some-
what larger percentagewise.) In part (a), the change in total drag due
1o changling the sweepback of the leading edge is shown for leading edges
of fixed radius and fixed span normal to the body axis.® With the unswept
wing, the drag of the blunt leading edge is prohibitively high, and the
penalty at 45° sweepback 1s still severe. It is evident that the wing
sweepback 1s a paramount consideration in minimizing the drag. In part (b),
the effect of nose fineness ratio is considered for tangent ogival noses
in fuselages of the same total length. The fineness-ratio-3 nose, while
adding to the useful volume of the fuselage, is also seen to add appreci-
ably to the drsg. Finslly, in part (c), the effect of fuselage tip blunt-
ness is shown. The S5~percent-blunt tip selected causes essentially no
drag penalty, but significant penalties arise when the tip bluntness
approaches 25 percent.

Lift-Dreg Ratio

The optimum lift-drag ratios corresponding to the minimum drag coef-
ficients of figure 6 are given in figure 9. These are computed from the
1ift and drag equations, (8) and (9), by use of teble I. No allowance is
included for the trim 1ift or trim drag. The values obteined are rela-
tively high for this speed range and are comparable to experimentel values
et Mach numbers near 2. Very recently, lift-drag ratios of this magnitude
have been reallzed experimentally in tests of highly swept trisngular
wings at a Mach number of 6.9 (ref. 18). The computed lift-drag ratios
are relatively constant over the Mach number renge end are from 13 to
24 percent higher with laminar boundary layer than with turbulent. A
typical varistion of L/D with angle of attack is shown in figure 10 for
& Mech number of 8. The optimum angles of attack for the entire Mach num-
ber range are nesrly the sane 88 those shown, between 5° and 6° with lami-
nar boundary leyer and near 7 with turbulent boundary layer. The 1lift
coefficlents, on the other hand, decrease steadily with increasing flight
speed (fig. 11). This, of course, 1s due to the steady decrease in initial
lift-curve slope with rising Mach number.

51t is considered that the wing erea remalins constant so that skin
friction does not change. The wing pressure dreg other than that acting
at the leading edge is also assumed constant so that the drasg changes shown
are due solely to variations in pressure drag of the leading edge.
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Aerodynemic Heating of “Hot Spots"

It remains to consider the aerodynemic heating of this alrplane. As
an example of severe local heating, the heating of the wing leading edge
will be discussed herein. Other locations which will not be analyzed but
which will encounter similarly severe heating include the fuselage tip and
the transition region should boundary-lsyer transition oceur.

The theory and experiment of reference 11 and unpublished tests in
the Langley ll-inch hypersonic wind tunnel on the heating rates of swept
and unswept two-dimensional circular cylinders indicate that the average
heatling rates at the wing leading edge will depend on leading-edge radius,
sweepback angle, and Reynolds number per foot in accordence with the fol-
lowing approximate equation

am \'2 -1/2
3= C cos A ’%r k(Ty - T4)o . : (33)

The constant C is found to have the value 1.94% in the Langley tests at
a Mach number of 6.9, Reynolds number of 135,000, and wall to free-stream
temperature ratio of 6.3. The tests of reference 11, in the Ames hyper-
sonic gun tunnel at M = 9.8, R = 315, and Ty/To = 4.9, indicate that

if the entire measured heat transfer is ascribed to the forward haelf of
the cylinder, the constant C has the value of 2.02. It may be found
ultimately that this constant will depend on Mach number and wall-
temperature ratio but, for the present calculation, the value 2.0 will

be assumed to apply universally.

With the aid of equation (33) the effects of sweepbacke and lesding-
edge radius on leading-edge heating rate have been examined for a flight
Mach number of 7 at optimum altitude, 120,000 feet. In figure 12, heating
rates for several configurations are plotted as a function of leading-edge
temperature and vanish for all configurations at the recovery temperature
Tor this Mach number and altitude, LLOO® F. The heat emission rate due
to radiation from the leading edge is also indicated for two values of
emissivity, 0.6 and 0.9. The first case considered is e sharp unswept
leading edge with a radius of 0.015 inch. The heating rate is found to
be very great and radistion equilibrium occurs at a leading-edge tempera-
ture of sbout 3500° F, Blunting the unswept leading edge to 0.75-inch
radius reduces the equilibrium temperature to about 2500° F but incurs the
large drag penalty shown in figure 8(a). By use of sweepback, both the

S8For A > 60°, the cos A variation underestimates the heat-transfer
rate since the cosine goes to zero at A = 900, whereas the heating rate
does not. Therefore, the heating rates for A = T were calculated using
experimental dats which show The hesting rate reduced to 35 percent of

the unswept value.
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drag and the heating rate are reduced as shown in figures 8(a) and 12 for
45° and T4C of sweep. (At 74 sweepback, the equilibrium temperature
reduces to the order of 2000° F. ) At best, the leading-edge heating is
severe and 1t would seem desirasble to 1solate the leading edge both ther-
mally and structurally, insofar as possible. _-. ) _ L

The next thing considered is the effect of flight Mach number on the
equilibrium temperature of the leading edge of the airplsne with 74 sweep-
back and a leading-edge radius of 0.75 inch. Of course, the radiation
equilibrium temperature of the leading edge 1s increased by increasing
the Mach number, principally through the action of the increased recovery
temperature, but is also affected favorably by the reduced flight Reynolds
number and unfavorably by the increased free-stream air conductivity in
the hotter air at high altitudes,” The resulting variation of equilibrium
leading-edge temperature with Mach number 1s shown in figure 13. Some very
high temperstures are reached, approaching but still below the melting
temperatures of a few metels and refractory materiaels. The possibility
of significantly reducing the leading-edge temperatures below those shown
by any means short of incorporating & cooling system are not felt to be
extremely promising.  Further increasing the sweepback will help some but,
at 7h the rate of fall of heating rate with sweepback has passed its
maximum Decreases in wing loading may not be feasible since the value
of 30 pounds per square foot is already considered low. Increasing the
leading-edge radius will reduce the temperature somewhat but no significant
reduction could be realized without en apprecisble penelty in increased
drag. Hence, leading-edge temperatures of the order of those shown may
have to be accepted unless cooling by means other than radietion is
employed.

Aerodynamic Heating of the Average Surface

The average heat transfer experienced by the wings will be computed
from equation (23) for laminar flow and its counterpart for turbulent
boundary layers.® The effects of 1lifting f£light on Reynolds number and

"Becsuse of the opposing effects of increasing altitude on Reynolds
number snd free-stream thermal conductivity, the possibility was investi-~
gated that the heating rates would be less if the flight altitude were
held fixed at the top of the isothermsl altitude‘*range, 105,000 feet, where
the free-stream temperature is only 390° Renkine. The heating there proved
to be more severe than at the optimm flight altitude because Reynolds
numbers a8 great as Tl million were incurred.

8The average skin friction and heat transfer of the triangular wings

are analyzed by assuming that the streamlines are everywhere parallel to the

root chord. The chordwise length Reynolds number is a function of spanwise
position. Integration of the skin frictlon on this basis yields the result
that, for laminar flow, the average skin-friction coefficient and heat-
transfer rate are 4/3 of that for a flat plate with the Reynolds number of
the root chord. For a turbulent boundery leyer the factor is 10/9.
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thermal conductivity, shown in figures 3 and L4, will be applied, as will
some additional effects of 1lifting flight, on the skin-friection ratio,
cf/cf s recovery temperature, and the Prandtl number at the boundsary-lsyer
edge.” Of the latter three, only the first is found to be significant.

The computations lead to the average heating rates shown in figure 14t for
the wing surfaces at radiastion equilibrium temperature. The heat-transfer
rates are an order of magnitude below those developed at the leading edge
at the same Mach number. The heating rates of the lower surface are up

to 18 times greater than on the upper surface and are appreciably higher
when the boundary layer is turbulent. The low heating rate encountered
on the wing upper surface is due to the fact that the lowering of Reynolds
number and thermsl conductivity in the expanded stream above the wing
tends to reduce the heating rate faster than increasing Mach number acts
to incresase it.

The average temperatures of the wing at radiastion equilibrium are
shown in figure 15 When 1t is considered that the recovery temperatures
renge up to 1&,500 F at & Mach number of 12 (no dissociation considered),
these equilibrium temperatures are quite low. With laminar boundary lsyer,
the average temperature of the lower surface remains below 1400° F. Under
these circumstances, man-carrying flight at these speeds would not appear
beyond reason.

CONCLUDING REMARKS

Some design considerations relating to an airplene for unpowered glid-
ing £flight through the atmosphere at hypersonic speeds hsve been examined.
It is noted that & major portion of the flight range will be covered at
the higher speeds and thet attaining a high lift-drag ratlio at these speeds
is importent to achieving good range. . Correspondingly, the lift-drag
ratlo at the lower speeds is relatively of less importance. -For the
attainment of good lift-drag ratio at high Mach numbers, careful attention
to reduction of the minimum drag is required. The wings employed should
be highly swept, so that the leading-edge bluntness required to reduce
aerodynamic heating will not unduly raise the drag. Attention 1s also
called to the relatively low flight Reynolds numbers to be expected and
the consequent possibility of retaining e fully leminar boundary layer,
which is doubly desirable because it reduces the airplane drag end the
aerodynamic heating. The influence of flight altitude on the severity of
the aerodynamic heating is exemined and it is concluded that with low wing
loading flight can occur &t high altitude and, consequently, with low aero-

dynamic heating rates.

These consideratlons are applied to the study of an example airframe.
It is found that reasonably high lift-drag ratios, in the order of 5 to 6,
can be achieved by use of extreme sweepback and large lifting area. The
heating of the wing leading edge In equilibrium flight at optimm altitude
is found to be greatly relieved by the highly swept plan form chosen.

... N



22 SEEDEEDS NACA RM A55E26

Nevertheless, radiation equilibrium temperatures up to 3100° F occur at
the highest Mach number, 12, considered. It appears that the wing leading-
edge heating constitutes one of the serious problems in the design of this
type alrcraft and that structural and thermasl isolation of the leading
edge 18 to be desired. The average heating of the ailrplane wing 1s then
considered and found to be an order of magnitude less severe than at the
leading edge. In fact, the radietion equilibrium temperature of the wing
lower surface remains below 1400° F with laminar boundary layer at the
highest Mach number, in the presence of a recovery temperature of 1%,500°.
The occurrence of relatively low equilibrium temperatures over most of
the surface of the airplane is considered an encouraging indication with
respect to the feasgibllity of this type of vehicle.

Ames Aeronautical Laboratory
National Advisory Committee for Aeronsutics
Moffett Field, Calif., May 26, 1955
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APPENDIX A
RANGE OF FLIGHT

In the powered phase of flight, it would sppear that maximum impulse
to the vehicle would be obtained by climbing and accelerating the vehicle
in much the same manner as the vehicle descends and decelerates in the
unpowered glide phase. In this way the useful thrust, which is the rocket
thrust less the drag, willl be nearly maximm., Again the assumptions of

small 6 and = will be used. These assumptions are, of course, grossly

violated 1f flight starts at zero veloclty, but If one considers that this
boost phase initiates from slight supersonic speeds (i.e., from en air-
launching airplane or after a primary boost from earth), then the assump-
tions are valid. In any event, the flight range will not be materially
affected by the course of events during this primary boost.

The equations (4) and (6) become, for the powered phase of flight

V2
L=mg<-__2 (A1)
Vs
av 1 4ave
D=T-mge="T-3n73-~ (42)

For simplicity, let us assume that
T =KL = ngé% --!ig (43)
Vs
where K 1s a constant. Then, combining these equations

Dol @] -2 O - @]

so that
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which yields on integration from O to s (corresponding to from V =0
to V = Vp) for constant %-

L
<>D <V> [ <>J (45)
Hence, the range of powered flight is

sl @] e

The maximum acceleration for a men-carrying vehicle must, of course,
be limited. If & men can withstand as & maximum (which occurs at V = 0)

ng = £=D (g .21 )
&= T ./0/® _

then LI

K=n+ 5= . (a7)

2
Vs? i)
" B ln[l i @] (28)
the unpowered flight range is from equation (7)

AR,

At constant %
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b - - () m]y - ()] (49)

80 that the total range is

; VESS (% + %)ln [1 - GE)T (A10)

and the fractlon of the flight range which is powered is

H__ 1
2.
L
n<-ﬁ->+l

from which it is seen that for reasonable values of n (say 3) and %’-
(say 5), the powered range is but & small part of the total.

(a11)

From the fact that

oy (] e - DB

then using ds from equation (A4) it can be found that

A9y w

from which it is readily spparent that lmprovement in burnout velocity is
only slightly influenced by the lift-drag ratio if the lift-drag ratio is
already high, and care must be exercised, if high flight speed is desired,
to prevent extra structural weight from decreasing Vp by reduction of
the mass ratio.

Although the burnout velocity is not strongly influenced by lift-drag
ratio, the flight range is, as noted from equation (7). Thus, both lift-
drag ratio and mass ratio are importent for range. In fact it can be shown
thet the range in nondimensional form (from eqs. (Al2) and (A10)) becomes

SUNTIERESES
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= - -L-+lan-.— gn() (A13)
R e

The relative influence of mass ratio and lift-drag retio can be .
determined from figure 16 which gives values of nX from equation (Al3)
for an arbiltrary specific impulse of 225 seconds. This chaert should not
be used when ranges corresponding to velocities close to satellite speed
are considered, by virtue of the overly conservative assumption of equa,-
tion (A3 and, in any event, is of value only for comparative purposes
since the assumption regarding the decrease of thrust with mess is unreal-
lstic for most practical cases.

Equation (A1O) can be expressed in a form analogous to equation (A13)

REEO R O) -

The values of nX from equation (Al%) have been calculated and sre given
in figure 17 a8 & function of the ratio n(é and the burnout velocity,

a8

D
Vb. The limitations for the values given in this figure are the same as
those for figure 16.

C iy
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TABIE I.- LIFT-DRAG RATIOS FOR WINGS WITH SUPERSONIC LEADING EDGES

T L

3 2 Baopt » (") Cp B <"’>
BCD,, |BZCLopt, CDopt dez D/cpt | |8%CD, gchopt c;pt :sz, D/opt

Cpg B (o] B
0 0 2.000{ 0 == 2,0l 3.70 |2.256] 39.4 }0.820
005 .145 |2.017] 2.01 |1k.k 2,50 k.21 |2.276] 43.7 | .70
.OL 206 |2.024]| 2.86 |10.2 3.0} 4.68 |2.293| 47.5 | .680
.02 .293 |2.03%| k.01 | 7.20 3.5| 5.1% |2.308] 51.1 | .636
.03 .360 |2.041} 4.93 | 5.88 k.ol 5.59 |2.321} 54.3 | .602
.0k A6 [2.047) 5.67 | 5.08 k5| 6.0L |2.333] 57.9 | .572
.05 L67 |2.0531 6.36 | 4.55 5 6.41 2,34l 60.2 | 54T
.06 515 |2.057) 6.99 | 4.17 6 7.18 [2.363| 65.3 | .506
.07 .560 [2.062] 7.56 | 3.88 7 7.89 12.379] 69.9 | .h7h
.08 .603 |2.066]| 8.08 | 3.65 8 8.58 |2.394| 7.5 | 148
.09 641 |2.070] 8.5% | 3.4k 9 9.23 |2.h07| 78.5 | k26
.10 679 [2.073] 9.00 | 3.28 10 9.8 |2.418| 82.5 | 408
J2 750 {2.079| 9.91 | 3.01 1L 10.6 |2.428| 86.0 | .396
Jh .813 [2.085|10.7 2.79 12 11.1 |2.438]| 89.% | .379
16 .873 |2.091{11.Lk 2.61 1h 12,2 |2.4551 95.7 | .356
.18 .932 |2.096(12.1 2,47 16 13.3 {2.469]101 .337
.20 .989 |2.100{12.7 2.35 18 ik.3 |2.482]107 321
25 | 1.12 {2.110|1k.2 2.12 20 15.3 |2.493]112 .308
.30 | 1.2hk }2.120}15.6 1.95 25 17.7 |2.5171123 .281
.35 | 1.35 }2.128]16.8 1.8 30 19.9 [2.536]132 262
L0 | 1.5 |2.135|17.9 1.70 35 22.0 |2.552|141 246
A5 | 1.55 |2.1k2|19.0 1.6L 4o ok, 0 |2.566|150 .234
S50 | 1.64  (2.149]20.1 1.53 45 25.9 |2.578{157 2oL
60 | 1.82 |2.160121.9 1.41 50 27.8 [2.588]|164 215
.70 | 1.99 |=2.171]|23.7 1.31.{{ 55 29.6 |2.597|170 .207
.80 | 2.15 }2.181|25.2 1.23 60 31.2 |2.606|176 .200
.90 | 2.30 {2.189]26.7 1.17 70 34,6 |2.621]188 .189
1.00 | 2.1t j2.197|28.1 1.12 80 37.9 |2.634}198 .180
1.2 2.72 |2.211]30.5 1.03 90 40.8 |2.645}208 sl
1.k 2.98 [2.22k(33.1 9581 |100 43,7 |2.654]217 .165
1.6 3.23 |2.236|35.4 9021 |110 k6,5 |2.662]225 .159
1.8 3.47 |2.246137.5 8591 |120 k9.3 |2.670}233 154
130 52.0 |2.677}240 .149
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Figure 1. - Effect of wing loading and speed on flight altitude and
Reynolds number for a glide vehicle with lift-drag ratio of 5.
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Figure 3. - Effect of wing lower-surface pressure ratio on the Reynolds
number and heating rate with laminar boundary layer.
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Nose — tangent ogive of fineness ratio 5, with tip blunted to spherical radius of 5 % of
maximum body radius

b/d = 5.5

Wing thickness ratio — 2% at root

Cylindrical leading edge of constant radius = .066 maximum wing thickness

Figure 5.~ Configuration used in example.
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Figure 7. - Length Reynolds numbers for optimum flight of the example
airplane.
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(a) Effect of sweepback (fixed span).

Figure 8. - Some effects of configuration geometry on the minimum drag

with turbulent boundary layer.

<

39



NACA RM A55E26

.020
s .06 \\
© \ Nose fineness ratio
o \ 3
] 1NN / )
o 5
I N
« OI12 AN /_
i BN
5 \\ —
o
% ' \ '\
8  oos P~
. \\
g \
5 T :
S—
£
g -
= 004
=
0
2 4 6 8 10 12

Mach number, M

(b) Effect of nose fineness ratio.

Figure 8. - Continued.
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Figure 8. - Concluded.
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Figure 9. - Estimated lift-drag ratios of the example airplane.
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Figure 10. - Variation of estimated lift -drag ratio of exampie airplane
with angle of attack.
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Figure (3. - Radiation equilibrium temperature at leading edge of example
airplane.
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Figure 14. - Average rates of heat transfer to wing of example airplane
at radiation equilibrium.
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Figure 15. - Average temperatures of the wing surfaces of example
airplane at radiation equilibrium.
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